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By John W. Boyd, E l l i o t t  p. gatzen, 
and Charles W. B i c k  

The resn l t s  of an fnveetigatian at supersonic  speed of the d i e  
tribution of pressure over t he  surface of a swept a i r f o i l  of biccrnvex 
section at various angles of attack are presented. The airfoil used 
for   the experlment x88 composed of sections 7 percent  thick in strean+ 
wlse planes and w a ~  swqt back 6 3 O  438. The plan form of the wlng 
uas such as t o  give an aspect ratio of 1.66 and 8 taper ratio of 1. 
Tests wre made at a Makh n . e r  of L.33 ov8r a Reynoliis m e r  range 
of 0.48 x lo8 to 3.0 x lo6 at ~mgles of attack up t o  loo. 

The measurements have hem capsred  with  supersonic lift- 
surface theory, hod agreement betmen theory - exper-t fs 
found except over the  regions of the airfoil  surface influenced by 
the sascmic trailing Sage and.the tips. W i t h i n  these regions, 
theory and experiment disagree. The d.issgreement is not consistent 
st a l l  angles of attack. Analysis of the data shCIm-s tha% %he f l o w  
is separated near the t r a i l i ng  edge and, hence, the effect  of v i s c o s  
i t y  is predaminsst. The degree of separation on the upper and lower 
surfaces varied v i th  m e  of attack with P cansequent variation ;in 
the chordxlse distributfm of the  additional lift. 

Compssieon of the measured chordwise distribution of lift uith 
the results of tests of airfoil sections at transonic speeds 
indicates that the  separation effects may be attributed t o  shock- 
mv0 baun~-layer interaction. This phenomenon mag be m- 
severe fcrr t h i s  m o i l  because of i ts  thickness  distribution. 

Although the normd-force and pitc-ment coefficients 
determinsd fram a mechanical integratian of the experimental 
pressures m e  in good agreement with themy at the lar angles of 
attack,  the weement muat be viewed as being largely fortuitous 
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Theoreticalsolutions fo r  the distrfbution of pressure at 
supersonic speed& over the surface of l i f t i n g  wings are ,  in  general, 
possible  only if the  nonlinear  equations of motion are approxi- 
mated by linear equations.an8  viscosity  effects a r e  disregarded. 
The approximations  thereby  introduced, of course, limit the  appli- 
cab i l i ty  of the  solutions  to  cases where the viscosity  effects and 
the  nonlinear  terms are  not significant. 

The range of Mach numbers, airfoil  thicknesses, angles of 
attack, and Reynolds numbers for which the t heo ry  should give 
reasonable  accuracy  can be estimatad t o   BO^ extent from rnathemat- 
ical  consideratiom and from a general knowledge of viscous  effects. 
It i's desirable, however, t o  determine  the  mgnitude of the emor 
involved i n  uafng the  theory  to  treat  case8 where it does not 
s t r i c t l y  apply  but for which a t  leas t  an approximte  solution is 
required by the  designer. T h i s  must be- done, for the  present a t  
leas t ,  by a ser ieeof  careful experiments. 

The present  report is the second of two publications  presenting 
, .  

resu l t s  of an experiment at o m  aupefsonic Mach  number (M=1.53). 
The f i rs t  report (reference 1) discuesed the dis t r ibut ion of 
pressure over the swept a i r f o i l  a t  zero lift. The present  report 
is intellded to  serve as  a par t ia l  check of the  validity of super- 
sonic  lifting-surface  theory  for swept wing%. 

" - 

The lnsthod of reference 2, which t r ea t s  airfoils w i t h  subsonic 
. .  

t r a i l i ng  edgea, was used t o  compute the  theoretical Ilfting pressure 
distribution. Reference8 3 and 4 might have been wed, a t  least for 
portiona of the airfoi l   surface ahead of the Mach l ine  from the  root 
t ra i l ing  edge. 

. "" 

- 
" 

SYMBOIS 

Re R e p l d e  nimiber-based' o n  the  stre&iiiii-a< chord of 6 inches 
. " 

a angle of attack of. the   a i r fo i l  

CN normal-force coefficient - .   . -  

. 
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C p i t c h i n m n t  coefficient about centroid of axea based 
on &inch chord 

pu local s t a t i c  pressure on the upper surface of the a h f o i l  

PW reference s t a t i c  pressure 

x/c percent of chord 

X streamwise position frm leading e@ of airfoil 

'Be experimental  investigation WELE performed in the Ames 1- by 
3 4 0 0 t  supersonic wind tunnel No. 1. This tunnel is of the closed- 
return variable-res- typ operated at present with a f i=d  nozzle 
designed for a Mach  number of 1.53 in a 1- by %foot tes t   sect ion.  
A detailed  description of the tunnel is given in reference 5. 

Model and Model Support 

%e model selected f o r  the investiwtion W&E ccqoeed of constanti 
chord,  symmetrical  biconvex eectians In planes perpendicular t o  the 
leading edge which was swept  back 63O45*.' Circ- sections =re 
chosen f o r  two reasons: Firet ,  because the t heo ry  used t o  predict 
the t h i c h e s s  pressure distribution is res t r ic ted  to airfoils w i t h  
shavp leadhg edges and, second,  because the consiruction of the model 
W&E much slmplified, The thiclmess of the sections in planes pazal le l  
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to the stream  was chosen as 7 percent  pr3mzil.y frm a coneideraticm 
of model strength. 

Figures 1 and 2 show the a i r f o i l  mounted in the tunnel, and 
figure 3 givee all pertinent dimensicme of the model. 

A mom detailed  description of the model and t he  model support 
system is given in reference 1, which a l s o  diecusses the precautions 
that were W e n  t o  min-lmize disturbances in the tunnel air stream 
that the model support system might have cawed. 

ANALYSIS OF IIc1'pA 

Air-Stream Characteristics 

In order t o  determine the character of the flaw a6 influenced 
by the model mpport system, EUI investigation of the win&tunnel 
air stream was made prior to   actual  tests of the a i r fo i l .   S t a t i c  
pressure surveys of the stream were made para l le l  to the a x l e  of the 
tuzlnel a t  three positions  across the stream in the horizontal plane 
in  which the model was placed. 

These surveys were made w i t h  a static-pressure probe consisting 
of a 100-caliber ogival needle, 0.10 of an inch in diameter. Preeme 
orif ices  mre placed in  the needle at  a position for which an analysis 
using l inematheory indicated that the local  pressure was e q d  t o  
that of the stream. 

The res~lts of the static-pressure survey w e  given in figure 4. 
The Reynolds numbem indicated in this figure are based on the &inch 
chbrd of the King at  tunnel total pressures of 3, 12, and 24 pounb 
per square inch, respectively. The data axe given aa the difference 
between the presaure measured w i t h  the needle and the preseure measured 
by the tes-bsect ian  reference  e ta t ic~mesure  or i f ice  in tern of 
the dymm.3,~ pressure of the stream. %is reference preeeure orifice 
is located on the side wal l  of the turmel 3.06 incheer ahead of the 
apex of the leading edga of the a i r fo i l .  The pressure  coefficient8 
a m  plotted as a function of the distance  -damstream from the loca- 
t ion of this orifice.  location e the w i n g  ie &own in each 
figure. 

Examination of these data and c q q i e o n  w i t h  previous surveys 
of the stream dcmg the cent& line of the tunnel without the model 
mpport system ehaw that   pract ical ly  the m l y  ef fec t  of the support 
system was the propagation of a weak cmpreesion wave i n  the etream 

. 



NACA RM no. A m 2  5. 

. 
which can  be traced to the leading e@ of the model support  plate. 
This wave, which appems &8 a pressure discontinuity in figure 4(a) 
4 inches downstream of the position of the test-sectian  reference 
pressure  orifice, becomes of negl igfbb magnitude at a mall distance 
outboard of the support plate (f is. 4(b) and (c)  ) . R o t a t h g  the 
aide plate through the rmge of angles of at tack does not alter the 
maepitude of this compression wave . 

This wave was origimdly  believed to be due t o  the fact a t  
tlze flat outer surface of the support plate  w a ~  not p w a l l e l  t o  the 
Seeam, but further b e t 8  W i t h  the inc1hati .m Of the p h b  Varied 
showed merely a change in the general pressme level w i t h o u t  alter-. 
h g  t h e  stxength of the wave. It mens probable that the disturbance 
results because it is impossible to produce a leading edge shmq 
enou@ in tern of molecular dimensions t o  prevent the formation of 
a detached shock wave even though the f l a t  side of the plate is a l k e d  
with t h e  stream. The formation of a boundary layer on the plate also 
probably makes the edge of the plate effectively blunt. 

%e existence of this disturbance  had  very little effect  on 
the stream s t a t i c  preeeure distribution over the regian in which 
the wing wae placed. The pressure over this region w a e  within 
percent of the average dynamic pressure of the stream. 

* %e pressure data were recorded by photographing the mceneter 
board. The data were then  plotted  directly in temns of pressure 
coefficient througb the use of a film "reader!' The. s ta t icqressure  . 
corrections were made after plotting. m e  correctlans to the 
measured pressure data were made by  subtzactfng frm the reading 
for each orifice.the  difference in stream static-pressure  coefficient 
b e m e n  the value at the position of the orif ice  and the average 
value over the region of the WFng.. This method of correct3ng the 
pressure  coefficiegta is such -that the same s t a t i c  pressure correction 
is applied to both the upper and lower surface  pressures.  Since the 
l i f t inegressure  coeff ic ients  were obtained by W i n g  the dlfference 
between the upper  and lower suz~ace  presau~es, there was effectively 
no static+ressure  correctton  applied to the lift-pressure  coeffi- 
cients. Howaver, the trm correction, which is very complex, may be, 
in l o c a l  regions, twice as large aa the correction  applied, dependhg 
011 whether or not the disturbance Fs reflected From the wlng. &e 
precisian of the correction will be discussed later. 

. 

!be normal-force and pitchinwamsnt   cwff   ic ients  of the airfoil 
were obtained by a process of mechanical 3ntegration. &e pressure 
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distributioh diagram8 for each spanwise station were integrsted f o r  
esch angle of a t tack  to   obtain the section nOmaL€"€'oe coefficient. 
B e  plot8 of seotim n o d 4 o r c e  ooefficient againat  percent 8 d -  
spas were Integrated t o  obtain the total normal-foroe coeff i o i e n t  CIP 
the a i r f o i l  a t  each angle of attack. A comparison of t he  t h s o r e t i o a l  
nomaL4orce ooefficients obtained frm a mechanical integratim of 
the theoretical   pres8uredistribution diagrams w i t h  the theoretioal 
nomd-force coeffioiente detennlned frwn an a,ualytio integration 
reveal error of about 8 percent in t he  mechanically tntegrated 
norm&1"force coeff ioiente. 'phe exgerlmsntal n o m a l 4 o r c e  coefficients 
obtained by mechanical integration a,re possibly also within *8 peroent 
of t h e  true value. 

Since the flow in the tunnel le free of strong shook waves, 
there remain only six major items which may oawe haocuraoies in 
the  determinatim of the expwimental pressum distribution mer the 
a i r f o i l :  

3. The error involved in redwing the data with a film reader 

6 .  The e r ro r  involved in set t ing the angle of attack 
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m e  use of t he  fflm reader in plo t t ing  pressure coefficients 
involves an emor of about S / 3  of 1 percent .at the h-est wlnd- 
tunnel pressures where most of the pressure measurements were made. 

RPFun-lrratim of the data obtaked fman t e s t s  of the airfoil  at 
zero lift 8hms that orffioes at the same chordwise and s m s e  
positions an eelupper and lower ~urfaoes of the wing read tae same 
pressure within of 1 percent of the stream w i c  pressure. %lis 
has been take13 a6 the  or i f ioe  error.  

Surveys Crp t h e  windduxrml ~”EIarn show stream angles exis+ 
lng ovBr the region in whioh the w l n g  was placed. It is evident f r o m  
a study of the pressure d a t a  obtained for the airfoil at zero IUt, 
hmver, that their influepoe waa negligible since the lift due t o  
the “induoed cauibe? effect  that should appear W e  not  exist .  

A masure of the f h d  auouracy Orp the pressure distributiom 
data oan be obtained by telking the squa3.e root of the sum of t h e  
squases CS the various probable inacouraciee. 93le flnaJ. pressure 
ooeff ioients a m  then f m d  t o  appro”& the trme values within 
H. pergent of the dymm3c pressure. 
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!&e absolute humidity waa a t  all times kept below 0.0002 pound 
of water per pgund of air  s o  that the  correction involved was 
negligible. 

Pressure Distribution 

!The experjmental P I Y I E S U ~  caefficiente,  corrected for the a ta t lc  
preseure  variation In the stream,. are given -in - tab le  f for angles of 
attack 'from zero t o  10' for two R e p o l d a  numbers. W e e  a m  the 
basic data fran which the plotted dak. discussed later are derived. 
They are presented f o r  use in any further apalysis which the reader 
may wish t o  make. 

Figure 5 shows a comparison between t h e  theoretical  and expri- 
mental chordwlse distribution of lifting-preaeure  coefficient per 
degree angle of attack for the f ive  spanwtse stations of the a i r f o i l  
for which the. pressure distributions w e r e  measured. Them data are  
for the highest test Reynolds nm3er 3.0 x 10'. It I s  evident that 
theory and experiment agree well except within the reglone influenced 
by the subeonic trailing edge and the tip. (See f ig .  3 .) Wamina- 
t im af the d a t a  f o r  pressure or i f ices  near the trailing edge s h m  
that the shape of the additional lift curve varies with angle of 
attack. A crosa  plot of the data for   the  or l f ice  a t  80 percent of 
the chord k figure 5( c) , f o r  example, ehaws a variation in the 
loca l  liftinmressure coefficient w i t h  angle of attack which is 
quite siutllax t o  the variation that occur8 a t  subsonic speede in 
the vicini ty  of the bevel ofo&  beveled  trailing-edge a M o i l .  For 
the angles of attack up t o  4 , an increase in  angle of attack 
resul ts  in negatfve lift. This "bevel  dffect" is wen known t o  
control-surface  designers and has been  proposed as a mans of balanc- 
ing control surfaces. (See  reference 6 .  ) This phencnnenon depends 
011 turbulent separation of the flow from both eurfaces of the air- 
foil at zero 1Ut. The reduction in the degree of eeparatim an 
the lower aurface that occurs when the angle of attack  ie  increased 
prwides-  the  negative lift. 

For the airfoil of tJm preeent  investigation, the sepazation 
of flow near the trailing edge waa noted fram studies of the boundary- 
layer flow in reference 1, substantiating the cmclusfons reached 
f rm an examination of the preseure data presented herein. Since 
flow separation exists, no agreement between theory and experiment 
can be expected in th ie  reglcm of the airfoil. 
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It is interesting to note that sfme s h l k r i t y  exists between 
the results of figure 5 and the data of reference 7 which preaenta 
two-dimensional pressuredistribution  characterist ics for a i r f o i l  
sections similar to those used f o r  the wing of the present test. A 
cangarison of the data Indicates that the flow separation and its 
caneequent effect on the lift distribution over the rear of the air- 
foil is due prfmarily to the chordwiee-khicknese distribution. The 
pressure data of reference 7 &ow that separatian became more severe 
as the position of maximum thickness is moved rearwa;t.d. Examination 
Of unpublished schlieren photographs obtained during those 8 & m ~  tests  
corroborate this conclusion. 

A close  correlation of  the res;lts ~f reference 7 w i t h  the data 
of the present test is not to be expected. Those results were 
obtained through tests of airfoil sec t ims  of b r c e n t  maximum 
th ichess .  As noted previously,  the a i r f o i l  of the present test is 
7 percent thick fn streamwise planes and 15.9 percent thick In planes 
perpendiculaz to the leading edge. Which thicknees is more signfficast  
is not Clem, since  the  aspect ratio is so mall that a perfeot cyUlp  
dr ical  o r  secticm- flow does n o t  exist .  

The congarism suggests, however, that eection data a m  in 
general useful in determining flow chazacteristlcs of swept airfoils 
even though cylindrical flow does not exist .  It suggests further 
that the trailin" angle and chordwise-thickness dis t r lbut ims 
a,re Important paxameters a t  supersonic speeds and that care must be 
Wen in seleoting a b f o i l  sections for swept w i n g s .  

The agreement between theoretical ' a d  emrlmental pressure 
distributions near the t i p  is poor, eaeriment ahowing a great dsaL 
more lift. This effect has been noted at subsonic speeds. The 
probability e x i s t s  that there is Uft added t o  the tfp, because the 
vortex sheet discharged from the t i p  does not lie in the plam of the 
wing as theory assumes.' ~h addition, t h i s  effect  may be due in 
part to the  rapid thickening of the boundary layer in this region. 

Figure 6 presents the chordwise variaticm of l i f t i n ~ r e s a u r e  
coefficient per degree at five s p m ~ a e  stations at 4 O  angle of 
attack f sr three t e s t  Reynold6 nlmibers, 0.48 X lo6, 1.85 x lo6, and 
3.0 X 10 . The effect of the Repo lds  number miatian is negligible 
except within the region of influence of the Bubemfc trailing e m .  

%e effect  of the departure of the vortex beet *am the p h e  of 
the wing beccrmes of greatest Fmportance for lar aspect ratios and 
has been tzeated by Bollay in reference 8. 
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Sn t h i s  region a reduction in ReynoldEI number so influences the 
flow separatim as t o  reduce the negative lift. 

Although laminar separatim was obmned a t  the lowest Reynolda 
rimer at  zero lift, this phencanenon disappeared as soon as the 
airfoil TJ&~ given an appreciable angle of a t w k .  

In reference 1 it was shown that throu& a calculation of the 
local Kach number on the surface of the a i r f o i l  by l inear theory, 
it 18 possible t o  datermine theoretically the curved line de fh ing  
the foremost  influence of the subsonic trailing edge. Good agree- 
ment betmen the pressure discmtinuity so defined and the experl- 
mentally determined pressure dlscontinuity was shown at zero lift. 
(See reference 1 .) For the a t r f o i l  a t  an angle of attack, hmver,  
examination of the pressure data of table I gives no clear evidence 
of a steep  pressure  increase as was noted a t  zero l i f t .  Thie is 
probably due t o  the f a c t  that on the upper surface of the a i r f o i l  
the boundary layer thickens very rapidly as the angle of attack is 
increased because of the s h a q  leading e m .  Tne existence of a 
sharp preseure rise o r  shock mve is, therefore, not discernible 
f'rm the pressure data because the abrupt  pressure rise i e  probably 
diffused by the thickened boundary layer as has been &own in reference 
9. Studies of the bounbry-lapr flow, hmver, do indicate the 
existence of EL curved pressure discontinuity.  studies a m  
diSOU8Eed later. 

Use was made of the liquid-film  technique, which has been 
discussed ful ly in reference 10, t o  investigate the character of 
the boundary flow. !This method of visualizing .the bmdary-layer 
flow consists of app3ying a thin film of a sl ight ly   volat i le   l iquid 
t o  the airfoil surface and obeervlng the degree 09 evaporation froan 
v ~ i o u s  portions of the airfoil t o  determine the relative axem of 
lamlnax and turbulent flow. The liquid-f ilm streamera a l s o  give an 
indtcatian of the dfrection of flow of the air in the barn- layer 
next t o  the a i r f o i l  surface. 

Figure 7 &gws flow studies  at-the highest t e e t  Repolds number 
a t  Oo, 4O, and 8 angle of attack. DEI existence of Wbulent  
separation at zero lift is indicated by the photograph of figure 7(a). 
The 1iquid"fflm etreamers turn and flaw along the airfofl-eurface 
e)snerators ne= the trailing edge. This confimna the existence of 
separation that was indicated by the pressure data. 



A t  4' an@ of attack  (fig.  7(b)),  the  sepxcation is shown to 
be more extensive,  extending  forward to the pressure discontfnuity 
propagated frcan the root t r a i l i ng  edge. ' 'Ibis pressure discontinuity 
which probably is a ahock mve, though the pressure data are not 
conclusive, is seen to be  curved In a manner quite similar t o  that 
discuesed in reference 1. As noted in reference 1, if the pressure 
discontinuity is bent back sufficiently so that it eventually l i e s  
along m e  of the a i r f o i l  generators, the a m o i l  has reached or 
exceeded its c r i t i c a l  supersonic bhch nmber. Thie seems t o  be the 
case for the airfoil of the present test. 

Examination of figure 7(b)  showe a thin ridge of fluid l~ing 
jus t  behind the leading edge. The existence of this ridge denotes 
a RmF1.71 regLon of lamhar separation wbich is to be e q e c t e d  with 
a shayp leading edge. 

At an 8O angle of attack  (fig.  7(c) ), the  boundary layer has 
becams s o  thick over the ent i re  uing that it is fmposaible to place 
any in te rpreht ion  on the lfquid4ilm flow. 

Normal Force and Pitching Moment 

The normal-force a d  pitching-mcanent characterist ics of the 
airfoil w0r0 determfned by a mechasical integration of the l i f t ing  
pressures mer the m e a  of the wing a t  the various test angles of 
attack. These data are  plot ted in figurea 8 and 9 and are ccsrpared 
with the results  calculated by the I l n e m  theory of reference 2. 
%e results show good agreement between t h e  theoretical  nomnal-force- 
curve and mamenD-cuu.ve slopes through zero lift. %is agreement is 
samewhat surprising, especially f o r  the p i t c h k g  mcrment, in view of 
the serious dlscrepascy between the t h o r e t i c a l  and experimental 
pressure h3tr ibut iona near the trailing e m  and t ip ,  and hence 
may be  viewed as being hrgely  fortuitous. 

The results of the investigation show that theory  and e q e r i -  
ment are in good agreement in those regiona of the a i r f o i l  not 
influenced by the mbsonfc trailing edge and the t ip .  Within the 
Mach cone of the root t r a i l i ng  edge, no correspondence between 
t h e o q  and experiment exis ts .  The lack of agreement  can be attri- 
buted t o  the OccUrrence of turbulent sepmation which renders the 
theory invalid in t h i s  region. meax the t i p ,  the failure of the 
theory is believed to be due t o  boundary-layer effects  and t o  the 
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effeots of the distortion CXP the d i s c h a q p d  vortex aheet. 

C a m p a r i s a n  OSP the results of the experiment w i t h  section data 
at transanic Mach numbers, eepeoially with regard t o  the eeparation 
of flow new the -&ailing edge, indicates that the thickness diaizt -  
butfon af the a i r f o i l  16 important. 

The a i r f o i l  of t h e  present test is apparently  too thick t o  
permit the use of the 1lnea.r t heo ry  for an accurate estimatian of 
the l i f t i n g  pressures at  the test Maoh nuuiber. !&.e thiclmese distrl- 
b u t i m  also appear6 t o  be undesirable . Additional teste  of a i r f o i l 8  
camposed of thirmer s e o t i a n s  wlth mfeerent thickness  dietributlms 
a m  desirable, hmver, for the  purpose of investigating the val idi ty  
of the linear theory-near a subsmio trailing e m .  
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Figure 1.- SkeMh of airfoil mounted for t e a t .  



. .  . .  





20 

.420* # r a 0 

0 
0 
G 

""- Pressure  survey sf af/ons 
" Much /ines -E57 

Figure 3.- Diniens/'onu/ skefch of mode/ showhg pressure 
survey stofions. 

. ". 



~ ...  ... 

pressure o r i f i c e ,  inches 

(a) 25-percent o f  model span from root. 

Figure 4.- Axjaf sfafic pressure variation  in wind-funnel sfream. 
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Figure 4- Continued 
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(a) 6.4 X Semis pan. 

Figure 5.-Cborduise variation of lifting-pressure coefficient per degree angle  of 

attack wifh angle of attack at five spanwise stations. Re = 3x106: 

. 



. .  . .  .. . . . . . . . . . . .. . . . . . . . . . . . . . . . . . . .  . 
' '  ' I 

c Percent of chord 
(b)  25.6 %: Semlspon. 

Figure 5.- Continued. - 
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Figure S.-Cmrhued. 
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(a) a = oO.  

of liguid fllm a t  M = 1.53. Re = 3.0 X 10'. 
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Figure 7.- CoMluded .  
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Figure 8.- Voriotion  of  normal-force 
coefficient wlth angie of attack. 
Re ~ 3 x 1 0 ~  
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Figure 9. "Voriution  of pitching- moment 
coeffic/ent ab& centroid of ore0 with 
norm ai- force CD effic/ent. Re = 3 X / 0 6  
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